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REYNOLDS NUMBER BFFECTS ON THE SHOCK WAVE - TURBULENT BOUNDARY LAYER
INTERACTION AT TRANSONIC SPEEDS*

R.J. Vidal,** C.E. Wittliff, ** P.A. Cstlinf and B.H. Sheen;

Todynamic Research Department
5 Calspan Corporation,
H Buffalo, N.Y.
Abstract Subscripts \
A Ludwieg tube experiment is described in which e boundary layer edge conditions

the pertinent features of the shock wave-boundary i initial condjtions
layer interaction on an airfoil are simulated with o reservoir corgditions
a two-dimensional flat plate in a supersonic nozzle. s shock wave lotation
The nozzle is modified to impress an airfoil pres- u undisturbed condition
sure distribution on the flat plate that is typical w wall condition
of a cruising flight condition. A normal shock @ ambient conditiqps
wave is positioned at a fixed 10c§tion on.tpe. Introduction
plate, and measurements are made in the vicinity of —_—
the shock wave-boundary layer interaction zone. The A program of research is in progress at the
measurements made are Fastex schlieren motion pic- Calspan Corporation to investigate experimentally
tures of the flowfield, pitot and static pressure the interaction between a shock wave and a turbulent
surveys normal to the surface, and skin friction boundary layer typical off that cccurring on an air-
and surface pressure distributions in the inter- craft wing at transonic syjeeds. The need for this
action zone. The test conditions nominally are a research is illustrated by\ the results given by
Mach number of 1.4 ahead of the shock wave and a Lovingl. He reports on flight test experiments with
Reynolds number, based on shock position, of 9 the Cl41 airplane and compaves those high Reynolds
million or 36 million. The schlieren observations number results with lower RE{nOIds number wind tun-
show that the shock wave-boundary layer interaction nel results. He found that the center of pressure
is steady only in a mean sense since the geometry at transonic speeds was as mugch as 15% of the wing

| of the bifurcated shock wave at the surface changes chord aft of the position detqrmined in wind tunnel

8 with time. The surface measurements show that at experiments. Comparisons betwgen wing pressure dis-

i ! the lowest Reynolds number, there is a region of tributions showed that this difiference stemmed from
separated flow downstream of the shock wave that a rearward shift of the supercryjtical shock wave in
extends about ninc (undisturbed) boundary layer the flight tests, and demonstratied the need for
thicknesses. This separated region decreases to developing criteria for scaling yhock wave-boundary

about one or two (undisturbed) boundary layer thick- layer interactions. There are nc\ basic data to use
nesses at the higher Reynolds number. This finding in establishing criteria on such \nteractions at
is confirmed by the measured velocity profiles which full-scale Reynolds numbers. The present research

show that the disturbed viscous layer tends to is intended to provide those basic\data and thereby
§ recover normal boundary layer characteristics more to establish a basis for developing)scaling criteria.
i rapidly at the higher Reynolds number. \\
£ The present research centers onja simulation
2 Nomenclature experiment conducted in the Calspan ludwieg tube.
g The basic principles of a Ludwieg tuby are described
f ¢ airfoil chord length in the literature2-4, and if one negldcts the
k Cg skin friction coefficient, T/’&P,“: starting process, it can be regarded ay a short
: Cp pressure coefficient, (p-g ) /% o w2 duration blowdown wind tunnel. The prdsent simula-
g D nozzle diameter P tion experiment uses a cylindrical, perforated wall
s F . d2ak 3 & nozzle which is contained within an evatuated dump
Fﬁx PO SECAERTR TYUN DUROTOTRN - K85 PR 24 tank. During an experiment, there is flow through
M Mach number 1/n the porous walls which produces a supersbnic expan-
n exponent for a power-law profile, u/ug=(y/d) sion within the nozzle. By selectively dovering the
i P pressure wall perforations, it is possible to contiol the
: Re Reynolds number expansion and duplicate the supersonic pottions
; T temperature of the chordwise pressure distribution onlan airfoil.
i u chordwise velocity The airfoil boundary layer is developed on\ a flat
! x chordwise coordinate, measured from leading plate that spans the nozzle, and the shockiwave-
! edge boundary layer interaction is produced by dhoking
y coordinate normal to the surface the flow at the exit of the apparatus and position-
@  empirical constant from Stratford, Ref. 12 ing the shock wave on a suitable shock holder.
r  ratio of specific heads i
4 boundary layer thickness The details of the experimental apparatus and
é*  boundary layer displacement thickness instrumentation are described in the next section,
€  boundary layer momentum thickness and this is followed by a description of the
£ density methods used in reducing the data. Following that,
0” porosity, ratio of open to total area the experimental results are presented and
T  skin friction discussed.

*Sponsored by ONR, Contract No. N00014-71-C-0165 and AFOSR, Contract No. F44620-71C-0046.

*$Principal Engineer
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Associate Engineer
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Experimental Apparatus

As indicated in the Introduction, the present
experiments were made in the Calspan Ludwieg tube.
This facility is described in detail in Ref. 4 and
is illustrated in Fig. 1. It consists of a 30 ft.
long supply tube with an inner diameter of 42 inches.
It has a diaphragm station between the supply tube
and the nozzle, and the latter exhausts into a
dump tank 8 ft. in diameter and 30 ft. long. In
performing an experiment, plastic diaphragms are
inserted at the diaphragm station, the nozzle and
dump tank are evacuated to a predetermined pressure,
the supply tube is pressurized, and the diaphragms
are ruptured mechanically. After the transient
starting process is completed, a steady flow is
obtained for the length of time required for the
expansion wave to travel up the supply tube, reflect
from the end wall, and propagate downstream to the
nozzle; nominally 45 to 50 milliseconds for this
tube configuration.* The facility is designed to
operate at Reynolds numbers up to 40 million per
foot.

The sketch in Fig. 1 shows the facility with
a Mach number 2 nozzle installed. Three other
nozzles are available; solid wall nozzles for M=3.5
and 4.5, and a perforated wall nozzle 32 inches in
diameter for transonic testing. The latter was used
in the present research with the supply tube trans-
lated forward so that the perforated portion of
the nozzle was contained within the evacuated dump
tank.

The Simulation Experiment

The basic aim in the present research is to
impress an airfoil pressure distribution on a flat
plate that spans the nozzle, and to study the inter-
action between a normal shock wave and the turbulent
boundary layer that develops on the flate plate.
Since the perforated nozzle is contained within the
evacuated dump tank, there is an outflow through
the porous walls during the experiment that pro-
duces a supersonic expansion. It is possible to
control this expansion by selectively covering the
wall perforations and thereby obtain a specified
axial pressure distribution in the nozzle. The
method used here to select a distribution of wall
porosity follows that given by Sheeran and Hender-
shot4 with certain modifications. The method is
based on the observation that since the nozzle is
exhausting into an evacuated dump tank, the flow
through the perforated walls is choked. This makes
it possible to write down a mass balance for the
flow as a function of distance from the throat, and
in that way obtain a solution for the required
porosity distribution as a function of the desired
Mach number distribution. Neglecting the details
of this development, it can be shown that mass
conservation requires that

L
(,H) 2 (r-1) Mix)
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"Modifications are now in progress to double the
length of the supply tube and hence double the test
time.

and it follows that the axial distribution of
porosity is given by

!
it (i:r) 2077 M3(z)-1 dM(z)
8i 2 =
n%—’ miz | d (%/0) (2)

Equation 2 was used in combination with flight test
pressure data to design the porosity distribution
for the present experiment.

The nozzle-flat plate arrangement is shown
schematically in Fig. 2. The leading edge of the
flat plate is located about half an inch ahead of
the nozzle throat and extends beyond the nozzle
exit. The flow downstream of the nozzle exit is
constrained by a rectangular observation section
starting at the nozzle exit. The flow is choked
with an adjustable flap at the exit of the rectan-
gular observation section, and this produces a nor-
mal shock wave which propagates upstream with a
strength, M = 1.65.

One important aspect of the experimental design
was the selection of a shock holder which would stop
the traveling shock wave and stabilize it at a fixed
position. This problem can be regarded as a non-
steady shock tube problem and was analyzed using
existing theories for shock tubes5:6. These show
that a propagating shock wave can be weakened and
positioned at a fixed location by introducing an
area change. The shock holder shown in Fig. 2 was
designed using relations from Ref. 6 to decrease
the strength of the propagating shock wave so that
it would be stable in the M = 1.4 flow.

Model and Instrumentation

The model forms an integral part of the Ludwieg
tube and consists of a flat plate approximately
twelve feet long with a rectangular observation
section at the downstream end. It is constructed
from solid aluminum plate 1-1/4 inches thick, and
the assembled unit is shown in Fig. 3 and 4. Figure
3 is a view from the nozzle entrance and shows the
leading edge of the flat plate slightly ahead of
the nozzle throat. There are a total of seventeen
Mylar cover plates distributed around the nozzle
circumference to define the porosity distribution
necessary to produce the desired airfoil pressure
distribution. The rectangular observation section
with the choking flap can be seen at the downstream
end.

A view from the downstream end of the apparatus
is shown in Fig. 4. This shows the apparatus as
originally conceived with a solid cover plate over
the aft 40% of the nozzle. The early experiments
showed there were compression waves entering the
observation section, and the solid cover plate was
replaced with an extension of the Mylar cover plates
Fig. 3, to provide a continuation of the upstream
porosity distribution. Figure 4 shows that the
observation section is a rectangular box extending
about three inches into the nozzle and serves to
define a flow field without the thick nozzle boun-
dary layer. The choking flap is normal to the flow
and the height can be adjusted to position the nor-
mal shock wave in the observation section. A series
of experiments was made with and without a smooth
fairing upstream of the flap. There was no discern-
ible difference in the flow quality or the starting
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time, and all subsequent experiments have been
made without the fairing.

All model instrumentation is contained within
the model. There are ten separate instrumentation
ports upstream of the observation section to verify
the desired surface pressure distribution and to
measure local skin friction. There is also a slot
milled along the plate centerline in the observa-
tion section to accept transducer assemblies and
rake assemblies. These units can be positioned
axially at one inch intervals to survey the inter-
action zone.

The instrumentation and the aerodynamic sur-
faces of the skin friction and surface pressure
survey plate are shown in Fig. 5 and 6. These
transducers are piezoelectric devices designed and
built at the Calspan Corporation and are described
in Ref. 7 and 8. Each is compensated internally
to minimize acceleration effects and typically they
are linear to within +2%. The pressure transducers
can be used up to about 100 psi and have a nominal
sensitivity of about 50 mv/psi. The skin friction
transducers have 1/4 inch diaphragms and can be
used to measure skin friction as large as 0.02 psi.
Typically they have skin friction sensitivity of
about 25000 mv/psi and a pressure sensitivity 5 to
20 mv/psi. All skin friction transducers were
calibrated for pressure sensitivity and corrections
were applied to the skin friction data. This was
accomplished using the pressure measured adjacent
to each skin friction transducer, Fig. 6. It will
be noted in Fig. 6 that the skin friction trans-
ducers are mounted with the diaphragms flush with
the surface and with a 0.010 inch gap around the
periphery. Previous checks were made with the
gap filled with silicon o0il and it was concluded
that the gap did not affect the measurements.

Surveys of the viscous flowfield were made
using assemblies of a transducer plate and rake
plates, Fig. 7. Twenty pressure transducers are
mounted on the undersurface of the transducer
plate and are vented to the upper surface through
conical holes. The hypodermic tubes from the rake
plate are fitted with "0" rings that plug into the
conical holes to provide a pressure seal when the
plates are clamped together. These assemblies were
pressure checked and found to have a leak rate of
less than 1% per hour.

Typical rake assemblies are shown in Fig. 8
and 9. The assembly shown in Fig. 8 was designed
to survey the flowfield 1/3 inch above the surface,
and each array is made up of five hypodermic tubes
with an o.d. of 0.032 inches. The static rakes
are terminated at the front edge by a wedge and
have 0.020 inch holes drilled through each side.
The second rake, Fig. 9, is typical of the rakes
used to survey the outer flowfield when it was
supersonic. It consists of two arrays, one having
10 pitot tubes and one having 5 static tubes.
These taller rakes were restricted to two arrays
in order to insure that the channel between the
arrays would not choke. Alternate pitot tubes are
bent laterally and buried within the plate to mate
with the transducer plate. The static pressure
array was limited to five tubes to minimize inter-
ference between adjacent tubes. The orifices are
0.008 inch holes located at +30° from the bottom
centerline of the tube to minimize the effects of
upflow on the measurements. A third rake, similar

to that in Fig. 9 was used to survey the flowfield
to 4-3/4" above the plate. Another set of rakes
with four arrays of pitot-static tubes, similar

to Fig. 8, was used to survey the subsonic flow-
fields.

The data taken to determine the ambient flow
conditions were the total pressure ahead of the
nozzle, and the supply tube pressure and tempera-
ture immediately before an experiment. In addition
schlieren observations of the flowfield were made
using a Fastex framing camera operating at a rate
of about 7000 frames per second. This diagnostic
was also used to determine the time interval when
the shock wave is stabilized on the stockholder.

Operational Mode

The usual mode of operation for the Calspan
Ludwieg tube is with a very high diaphragm pressure
ratio; that is, the dump tank is evacuated to a
near-vacuum. A detailed wave diagram analysis was
made in designing the experiment to determine if
the 50 millisecond test time was sufficient to
start the nozzle, establish a stable normal shock
wave, and establish a steady viscous interaction.*
This study showed that the test time might not be
sufficient and it was concluded that the starting
time would be minimized if the facility were
operated at a diaphragm pressure ratio that would
immediately establish sonic flow at the nozzle
throat. It was necessary to determine this dia-
phragm pressure ratio experimentally, and it was
found that a value of about twenty was optimum.

The total flow time is about fifty milliseconds,
and with this mode of operation, a steady inviscid
flow is established in about five milliseconds.

A steady boundary layer flow, as evidenced by
pitot pressure, static pressure, and skin friction,
is established about fifteen milliseconds after

the start of the experiment. This is consistent
with the time required to establish turbulent
boundary layers as measured by Davies and Bern-
stein9. An additional ten milliseconds is required
for the normal shock wave to propagate upstream
from the choking flap to the shock holder, leaving

about twenty-five milliseconds for data acquisition.

It has been found experimentally that a steady
separated flow is established about four to five
milliseconds after the shock wave is stabilized,
and typically data are taken over a ten millisecond
interval.

Data Reduction

The test conditions in the Ludwieg tube were
determined by measuring the temperature and pres-
sure in the supply tube immediately before the
diaphragm was ruptured, and by measuring the total
pressure ahead of the nozzle throat during the
experiment. These were used with the isentropic
relations and the relation for a centered expansion
wave to determine the ambient gas properties.

The pitot pressure and static pressure data
obtained in the flow field surveys were reduced
to Mach number profiles using the isentropic
relations and taking account of the normal shock
losses in pitot pressure. It was assumed that the
measured static pressure was the true local static
pressure. This was verified by comparing these
with the wall pressure measured without the rake
"The authors acknowledge the assistance of Mr.

Frank J. Stoddard in studying this aspect.




present. The Mach number profiles were then
reduced to velucity profiles assuming that there
was no heat transfer from the wall, that is, a con-
stant total enthalpy through the boundary layer.
Rigorously this assumption is not true because the
inviscid total enthalpy downstream of the centered
expansion wave is about 10% less than the wall
enthalpy. The consequence of the constant total
enthalpy assumption was checked by assuming a

Mach number distribution and then computing the
velocity profiles first for a constant total enthal-
py boundary layer and then for a boundary layer

in which the velocity and total enthalpy profiles
were similar. For the test conditions used here,
the difference between the two velocity profiles
was greatest near the wall and was less than 5%.

It was concluded from this that it was sufficiently
accurate to assume the total enthalpy was constant
through the viscous layer.

All reference conditions used in presenting
the data, such as Reynolds number and dynamic
pressure, are computed for conditions at the
leading edge of the model, M = 1.0. The wall
temperature ratio was Ty/To=1.11 for all experiments.

Results

Shock-Free Conditions

The first experiments were made to check on
the pressure distribution on the flat plate ahead
of the observation section and to determine the
characteristics of the undisturbed boundary layer.
The pressure distribution data, shown in Fig. 10,
have been divided by the measured total pressure,
Po, and are plotted as a function of the nondimen-
sional axial distance from the leading edge. The
effective chord length, c, was taken to be 181
inches so that the nondimensional position of the
shock wave,z/c 20.52, is the same as that observed
in other experiments with the airfoil. The line
identified as theory is a fairing of the flight
test pressure distribution and is the theoretical
curve used to design the porosity distribution.
The data shown are for the high Reynolds number
condition. Other experiments made at a Reynolds
number, based on shock position, of 9 million are
in good agreement with these data. It can be seen
that the experimental data points are in good agree-
ment with the theoretical curve, and in general
they fall slightly below the theoretical curve.
The one exception is the data obtained at the
location furthest upstream; these points fall about
20% below the curve. The source of this behavior
is not certain, but it is clear that it is not due
to local flow separation. Skin friction measure-
ments made at the same position showed the flow
was attached, and the skin friction was in good
agreement with theory. This anomoly in the pres-
sure distribution near the leading edge has been
discounted since it is far removed from the obser-
vation section and since the skin friction data

findicate an attached flow and a normal skin friction.

Pitot and static pressure surveys were made
in the undisturbed boundary layer nominally at the
chordwise location of the shock holder. The pres-
sure profiles and the velocity profiles inferred
from these data are shown in Fig. 11 and 12. Each
of the pressure profiles was measured in three
separate experiments with different rake assemblies.
The pressure profiles show that the boundary layer
is repeatable between experiments and it is possible

to obtain meaningful data using this survey
technique.

The velocity profiles, Fig. 12, provide a
useful check on the undisturbed turbulent boundary
layer. In order to make this check, the data were
first fitted to a power-law profile and determined
the exponent to be n = 7.80 and 8.46 at Reynolds
numbers, based on shock location, 9 and 36 million
respectively. This increase in exponent with 10
Reynolds number is consistent with Little's data
obtained on the wall of a wind tunnel. A direct
comparison is not possible because it is difficult
to determine a length Reynolds number for Little's
experiment.

A further check on the undisturbed profiles
was made by graphically integrating the velocity
profiles to determine the momentum thicknesses,
and then comparing these with theoretical predic-
tions. The theories used were Goldstein's imcom-
pressible resultll as given by Stratfordl?, and an
empirical generalization of the Spaulding and Chi
theoryl3. The empirical generalization was made
by noting that Spaulding and Chi's correlation is
accurately represented by the relation

_ _0.0384
%
[Fﬂz ﬁ?ez) ¢ (3)

with errors of less than 10% over the Reynolds
number range used by Spaulding and Chi. This
relation was used in the two-dimensional momentum
equation, assuming no pressure gradient, i.e.,

C, = 2d8/dx, and was integrated to infer the
following relation for the momentum thickness.

0.0230x
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Table I
Boundary Layer Thicknesses
Reynolds | © (in.) |8 (in.) 8 (in.)
No. Exp. Incomp. | Comp. | &(in.)
ox10® | .1103 | .1412 | .1073 | 1.364
36x106 .1021 .1070 .1001 1.334

A comparison is made in Table I between the experi-
mental and theoretical momentum thickness. It can
be seen that Goldstein's incompressible theory
predicts values about 28% and 5% greater than the
experimental values for the two Reynolds numbers.
In contrast, the Spaulding and Chi compressible
theory predicts values 3% and 2% less than the
experimental values. The consistent agreement
between compressible theory and experiment is due
to the fact that this theory accounts for important
Mach number effects on the local skin friction.

Included in Table I is a tabulation of the
undisturbed boundary layer thickness. These were
computed from the experimental momentum thickness,
using the power law exponents given in Fig. 11, and
using an expression for /4" which accounted for
density variations through the boundary layer.
These computed boundary layer thicknesses agree to
within a few percent with those determined directly
from the velocity profiles.




Shock Wave-Boundary Layer Interaction

The experiments with a shock wave interacting
with the turbulent boundary layer were made by
choking the downstream exit of the apparatus and
positioning a normal shock wave at a fixed position
in the channel, Fig. 2. The experiments included
high speed schlieren motion pictures of the flow-
field, chordwise surveys of the surface pressure
and skin friction, and pitot and static pressure
surveys across the viscous layer. These measure-
ments were used first to obtain an indirect check
on the two-dimensionality of the interaction experi-
ment. This check parallels the procedure used by
other authors!4,15 and is based on the chordwise
integration of the two-dimensional compressible

momentum equation,

where the subscript, i, denotes initial undisturbed
conditions. The left hand side of Eq. 5 represents
the momentum in the viscous layer and the right
hand side represents the forces impressed on the
layer. The two sides of Eq. 5 were evaluated

from the data obtained at a Reynolds number of 9
million, using the measured skin friction coeffi-
cient and the measured surface pressure. The two
sides of the equation are compared with each other
in Fig. 13. It can be seen that the agreement
between the two sides of Eq. 5 is reasonably good
throughout most of the flowfield, and some of the
observed discrepancies can be attributed to using
the surface pressure in the evaluation. Based on
previous agp}gcat1ons of this momentum balance
technxque the two-dimensionality of the
present experlment can be regarded as reasonably
good.

(1) @

3
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Schlieren Observations. As noted earlier,
high speed (7000 frames/second) schlieren motion
pictures of the flowfield were taken during each
experiment, and typical photographs for the two
Reynolds numbers are shown in Fig. 14 and 15. The
flow is from right to left and the markers at the
top of the field are 3-3/4 inches apart and indi-
cate the leading and trailing edges of the wedge-

shaped area change defining the shock holder, Fig. 2.

The dark spots in the field, which change with
time, stem from stresses in the glass windows. The
time interval between the first and second photo-
graph in Fig. 14 is about 0.7 milliseconds, and
about 1.1 milliseconds elapse between the second
and third. The wave upstream of the shock holder
is believed to be the leading edge of the lambda
wave on the tunnel side wall.

There are two items to note in Fig. 14. First
it should be noted that the interaction is steady
only in a mean sense, as evidenced by the changes
observed in the structure and intersection of the
bifurcated lambda wave with the surface. The
second photograph shows that the leading edge of
the lambda wave is too diffuse to register in the
schlieren system. The height of the bifurcation
varies somewhat with time, and nominally is about
three undisturbed boundary layer thicknesses above
the plate. These observations are consistent with
the usual concept of a turbulent boundary layer

having a thickness which varies with time as tur-
bulent bursts are swept downstream.

The comparable schlieren photographs obtained
at the higher Reynolds number are shown in Fig. 15.
The preceding comments on steadiness are seen to
apply here too. The important feature to note
between Fig. 14 and 15 °is the decrease in the height
of the bifurcation with increasing Reynolds number:
it decreases by a factor of two and nominally is
about 2-1/2 undisturbed boundary layer thicknesses
in height at the higher Reynolds number. This
behavior suggests that the upstream influence of
the shock wave will be diminished at the higher
Reynolds number.

Surface Pressure and Skin Friction. The chord-
wise distributions of surface pressure and skin
friction coefficient are shown in Fig. 16 and 17.
The distance coordinate in each case is measured
from the position of the shock holder, and this
corresponds nominally to the location of the normal
portion of the shock wave. This is used, in pre-
ference, to the leading edge of the lambda shock,
because of the unsteadiness observed in the shock
structure near the surface. The data obtained at
Reg = 9 x 106 show that interaction is quite diffuse
and extends about 4-1/2 &, upstream of the normal
shock wave. The point where the first disturbance
is observed in the surface pressure is in good
agreement with the most forward excursion of the
lambda wave observed in the schlieren photographs,
Fig. 14. The pressure data obtained at the most
forward positions agree well with data obtained in
undisturbed flow, thereby indicate the position of
the first disturbance. It can be seen in Fig. 16
that the surface pressure increases gradually but
does not reach the normal shock limit in the region
surveyed.

The skin friction data, obtained at the most
forward survey station, Fig. 16, agree well with
Spaulding and Chi theoryl3 and thereby indicate
that the flow was undisturbed at that location.

The upstream effect on the skin friction is to
produce a rapid decrease and then an increase
towards the undisturbed value at about 2 d),
upstream of the shock wave. This is followed by

a rapid decrease in skin friction over a chordwise
distance of about 1 d;‘, and separation begins
about 1 J,, ahead of the shock wave. The separated
region at étls Reynolds number is a total of 12
inches long, or about 8-3/4 The points
corresponding to separation and reattachment are
indicated on the pressure distribution in Fig. 16,
and it is seen that there are distinct kinks at
these points. This correspondence between pressure
kinks and the details of the separated region have
been noted earlier by Pearcey

It should be noted that the skin friction data
in Fig. 16 are steady only in a mean sense, and
that there is a fluctuating component that is equal
to about +10 to 15% of the undisturbed skin friction
coefficient. This implies that the separation and
reattachment points are not steady, but rather they
fluctuate about a mean point on the surface. The
small negative values of skin friction near separa-
tion suggests that the chordwise excursion of the
separation point could be quite large. These obser-
vations are consistent with the unsteadiness noted
in the schlieren photographs.




o L PR

The skin friction and surface pressure data
obtained at Reg=36x106 are shown in Fig. 17. These
data show some features similar to those in Fig. 16
and some that are very different. The pressure
data indicate a weak disturbance about 5 J,
ahead of the shock wave, similar to the behavior
in Fig. 16, but the pressure rises to a plateau
about 10% greater than the undisturbed value and
remains there until about 1 &, ahead of the
shock where a rapid increase in pressure begins.
The overall pressure rise exceeds that in Fig. 16
but it does not reach the normal shock wave limit.
It should also be noted that the leading edge of
the lambda wave in Fig. 15 does not coincide with
the chordwise position of the first pressure distur-
bances as at the low Reynolds number, but inter-
sects the surface about 3 d’,, ahead of the shock
wave where the pressure shows a plateau.

The skin friction data, Fig. 17, obtained at
the most forward location are seen to be in good
agreement with Spaulding and Chi theoryl3, sug-
gesting that the flow there is undisturbed. There
is a gradual decrease and then a slight increase
in skin friction up to about 1 d,, ahead of the
shock wave, and this is followed by a gradual
decrease in skin friction over a chordwise distance
of about 2 dn‘ to separation. However in this case,
the separated region is confined to a region only
about 2 d;‘ in chordwise extent. It should also
be noted that separation in this instance is
characterized by a negative mean skin friction
coefficient which is quite small. In view of the
previous observations on the magnitude of the
fluctuating component of the skin friction, the
implication is that the entire separated region is
unsteady and is separated only in a mean sense.
The points corresponding to flow separation and
reattachment are indicated on the pressure distri-
bution, and it can be seen that these events again
are accompanied by kinks in the pressure distribu-
tion.

The data in Fig. 16 and 17 have been used to
test the theories of Gaddl7 and of Stratfordl
Gadd's theory is approximate in that it is based on
a number of simplifying assumptions both for the
inviscid flow and for the viscous layer. In addi-
tion, it is restricted to inviscid supersonic Mach
numbers, M =1.3. One result given by Gadd is for
the skin friction distribution in the upstream

portions of the interaction. Fov
M [T &)
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M dz
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This result was applied to the present experimental
data using the pressure data shown in Figure 16 and
17 to determine the local Mach number and local
gradient of Mach number. This is in keeping with
the spirit of Gadd's analysis since he assumes

the static pressure variations through the viscous

layer are small. The exponents for the undisturbed
boundary layer were obtained from the data shown
in Figure 12, and hence they include the effect of
Reynolds number on this parameter. The comparison
between the theoretical and experimental skin
friction distributions is shown in Fig. 18, and it
can be seen that at the lowest Reynolds number,
Gadd's theory predicts the initial skin friction
behavior reasonably well in that it predicts the
location and magnitude of the decrease in skin
friction. However, the theory does not predict
the subsequent increase in skin friction prior to
separation, and in fact, it does not indicate
separation at any point in the flowfield. Of
course, the theory does not apply throughout the
entire flowfield, and the downstream comparison

is included here only for completeness.

The comparison between theory and experiment
at the higher Reynolds number, Figure 18, shows a
different trend. Theory predicts an initial
increase in skin friction but the experimental data
show an initial decrease. The theory shows a rapid
approach to separation and when applied to the sub-
sonic portion of the flow field predicts reattach-
ment at about the correct chordwise position. The
predicted size of the separated region is about
twice the length observed experimentally.

The separation criterion given by Stratford12
was also tested with the present data. Stratford's
criterion is based upon a flat plate model in
which the turbulent boundary layer develops under
a constant pressure. The boundary layer at the
end of this constant pressure development is treated
as two layers in which viscosity dominates in the
layer near the wall and the dynamic terms dominate
in the outer layer. It should be noted that the
present experiment is a good test for Stratford's
model in that the boundary layer develops on the
flat plate under nearly constant pressure conditions.

Stratford derives his criterion for boundary
layers described by a 1/7 power law. This is a
reasonable choice for moderate Reynolds numbers,
but can be substantially in error at high Reynolds
numbers. Consequently, the criterion was re-derived
here for an arbitrary power law. This generalized
criterion is

b dC,
6:f) i e

B
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where & = 0.66 is an empirical constant.

The criterion in Equation 7 was evaluated using
the pressure data from Figure 16 and 17, and using
the power law exponents given in Figure 12. The
pressure coefficients and the separation criterion
are given in Figure 19. Separation is pred1cted to
occur if the parameter, (C,) (7-2)/% Jdx
exceeds the value given by’ the right sxde of Eq. 7,
nominally 0.32 and 0.33 for the two cases shown in
Fig. 19. It can be seen that this parameter reached
somewhat higher values in the present experiments,
suggesting that the empirical constant should have
a higher value. It should be noted, however, that




the difference between the theoretical and experi-
mental separation points nominally is 1 dy-

Velocity Profiles. Pitot and static pressure
surveys were made in the interaction zone and these
were used to infer the velocity profiles. A re-
versed rake was used in an attempt to determine the
profiles in the regions with reversed flow, but it
was found that the difference between pitot and sta-
tic pressure could not be resolved. This is consis-
tent with Seddon's resultsl8 which show that the
maximum Mach number in the reverse-flow region
is about 0.09, and consequently the maximum differ-
ence between the pitot and static pressure is
about 0.5%.

Typical pressure profiles obtained with forward
facing rakes at the leading edge of the separated
region are shown in Fig. 20. These illustrate one
difficulty encountered when interpreting measure-
ments obtained in a separated region, namely that
the pitot pressure measured with a forward-facing
rake is consistently 2% to 5% greater than the
static pressure. This difference is believed to
stem from the interpretation given to the mean
measurement of pitot pressure in a turbulent flow.
This is illustrated by writing down the expression
for the instantaneous value of the pitot pressure
in terms of the fluctuating quantities, and then
time-averaging that relation. This calculation
shows that when the mean velocity goes to zero, the
pitot pressure becomes

—_ - oo T TR TR
L =p+ = (;o w0 ‘)
. 2 (8)

where the prime denotes the fluctuating components
and the bar denotes time-averaged quantities. For
the present measurements ,E is the base pressure

for the pitot rake in reversed flow. This was esti-
mated using the criterion given by Hoernerl9, and
that calculation showed that the base pressure
should differ from the local static pressure by
about 0.01%. Consequently, £ can be taken as

the local static pressure. The time-averaged

values of the fluctuating terms should be dominated
by the first term, 5 T 7 , because the

second term is of higher order. Schlicting20
presents low speed data obtained by Reichardt2l and
by Klebanoff22 in flat plate boundary layers showing
that Vu’2 reaches a maximum value near the surface

that is about 10% to 15% of the free-stream velocity.

This is comparable with the differences observed

in Fig. 20. The higher values in the present exper-
iment, 15% to 20% of the free stream velocity,

could stem from higher turbulence levels associated
with the shock wave interaction. The conclusion

is that the differences between pitot and static
pressure observed here stem from the velocity
fluctuations in the turbulent flow, and the magni-
tude of these differences is consistent with
published data.

The effects of the fluctuating velocity com-
ponents were neglected in reducing the present data
to local Mach number and local velocity. The pitot
pressure data were faired, as indicated in Fig. 20,
to estimate the stream surface where the mean
velocity was zero.

Velocity profiles obtained at a Reynolds number
Res, of 9 million are presented in Fig. 2la to 21d.

The local velocity has been divided by the velocity
at. the apparent edge of the viscous layer, and the
vertical coordinate has been divided by the thick-
ness of the undisturbed boundary layer, &, . The
distance, xg, is measured from the normal ;ﬂock
wave and is positive downstream of the shock wave.
A sketch of the shock configuration, taken from the
last frame in Fig. 14, is shown on these figures
along with the relative positions of the survey
stations.

The data obtained in the interaction zone
ahead of separation are compared with the undisturb-
ed profile in Fig. 2la. It can be seen that the
profiles are progressively retarded as the flow
approaches the shock wave, indicating an approach to
separation. These general characteristics are in
qualitative agreement with the skin friction data,
Fig. 16, in that they indicate a shear stress
smaller than the undisturbed value. It should be
noted that the undisturbed profile was obtained in
experiments without an interacting shock wave.
Consequently, the data in Fig. 2la do not define
the upstream limit of disturbances from the shock
wave. One further item to note in Fig. 2la is
that the profile obtained at station 2 does not
indicate a uniform velocity for y/d‘u el
This behavior is believed to reflect the fact that
the survey was made within the bifurcated shock wave,
and the small velocity defect is that caused by the
oblique portion of the shock wave.

The profiles obtained in the region with flow
separation are shown in Fig. 21b to 21d. The data
obtained at station 3 indicate the flow is separated
and data obtained one inch further forward, not
shown here, indicate an unseparated flow. This
finding is in good agreement with the skin friction
data. The profile at station 3 also exhibits a
gradual approach to the undisturbed velocity. Again
this is ascribed to the fact that the profile was
obtained just ahead of the normal shock wave and in
the thickest portion of the bifuracted shock wave.
The flow at this survey station is sonic aty/f a 10,
and the ambient undisturbed Mach number is obsérved

at y/d’u>3.5.

The profile at station 4 exhibits an overshoot
in that the local velocity at ¥/8, ~ 1.5
exceeds the velocity at the edge of the viscous
layer. This somewhat analogous to the supersonic
tongue observed by Seddonl®; however, the flow at
this survey station and the other downstream
stations was entirely subsonic. This is markedly
different from Seddon's results, in that he finds
a supersonic tongue extending about 8 &', down-
stream from the normal shock wave. This probably
stems from the differences in ambient conditions;
M = 1.47 and Reg = 3 x 106 for Seddon's experiments.

The profiles obtained near the axial center
of the separation bubble, Fig. 2lc, show that the
thickness of the bubble is relatively constant and
show the profile variations with axial position are
relatively small. Fig. 21d illustrates the profiles
as the flow approaches reattachment, and they show
that the bubble becomes thinner and that the flow
is reattached at station 11, =z/d, = 7.5. This
finding is in good agreement with the skin friction
data, Fig. 16. However, it will be noted in Fig.21ld
that the inferred velocity near the surface at
station 11 is nearly constant. This behavior
apparently stems from difficulties in interpreting
the pitot-static near the surface. The pitot data
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indicate attached flow in that they show a smooth
and continuous profile. However, there are rapid
variations in the static pressure near the surface,
and the net result is that shown in Fig. 21d. It
is believed that the apparent contradiction between
the pitot profile and the inferred velocity profile
is produced by the effect of the fluctuating terms
in Eq. 8 on the pitot pressure. If this contention
is correct, it would imply that the fluctuating
velocity component at reattachment is [/z'Tx 7/3 u,
This is two to three times greater than the pub-
lished data for undisturbed turbulent boundary
layerszl'zz.

Typical velocity profiles obtained in the
interaction zone at a Reynolds number, Reg, of 36
million are shown in Fig. 22. The sketch of the
shock wave configuration, shown there, is taken
from the last frame in Fig. 15. The velocity data
obtained at the leading edge of the bifurcated
shock wave, station 1, indicate that the profile
is generally retarded and that the surface shear
stress is less than the undisturbed value. This is
in qualitative agreement with the skin friction
data in Fig. 17. The data obtained downstream of
the normal shock wave, Fig. 22b, indicate that the
flow is separated at 4#;/d; = .94, confirming
the skin friction data in Fig. 17. Profile data
obtained one inch ahead of station 2, not shown
here, indicate an attached flow.

There are several items to be noted in Fig. 22b.
First, the indicated edge of the separated region
is greatest at Sta. 2, near the leading edge of the
separated region, and the thickness of the separated
region decreases in the downstream direction.
Second, there is a marked overshoot in the profiles
in that the local velocity at ¢/d,a-1.25 exceeds
the velocity at the apparent edge of the viscous
layer by as much as 22%. This behavior is similar
to that observed at the lower Reynolds number, Fig.
21b, except the magnitude of the overshoot is at
least three times larger and it persists to all
downstream stations reported here. Again, this over-
shoot is analogous to Seddon's supersonic tonguelS
except all of the profiles in Fig. 22b were subsonic.
Finally, it should be noted that the surveys shown
in Fig. 22b do not extend far enough above the sur-
face to identify clearly the apparent edge of
the viscous layer. This implies that the velocity
overshoot could be larger than indicated here.

The velocity profiles shown in Fig. 22c
indicate that the flow is reattached at Z; /d,
= 3.19, again confirming the skin friction data,
Fig. 17. It can be seen that the velocity overshoot
persists to these downstream stations, but is
gradually diminished to about 3% at % /d, = 4.69.
The data in Fig. 22c also indicate a progressive
retardation in the profiles in the downstream
direction. Experiments are in progress to further
investigate this downstream behavior.

Concluding Remarks

The purpose of this cxperimental research,
which is still in progress, has been to investigate
the influence of Reynolds number of the shock wave -
turbulent boundary layer interaction that occurs
on an airfoil at transonic speeds. The pertinent
features of this transonic airfoil problem have
been duplicated in a two-dimensional, large-scale
Simulation experiment by using a flat plate in a

suitably modified supersonic nozzle to obtain the
desired axial pressure distribution. The downstream
exit of the apparatus is choked to position a normal
shock wave at the desired axial position. Experi-
ments made without an interacting shock wave showed
that the desired pressure distribution was obtained,
and that the characteristics of the undisturbed
boundary layer were in good agreement with compressi-
ble boundary layer theory.

The experiments with an interacting shock wave
were made with a local Mach number ahead of the
shock nominally 1.4, and at Reynolds numbers of
9 million and 36 million. The surface pressurc
data and skin friction data shown large changes
with Reynolds number. At the lower Reynolds number,
the compression due to the shock wave is very
gradual and begins about 5-1/2 boundary layer
thicknesses upstream of the shock wave. The first
disturbance is indicated at about the same location
upstream at the higher Reynolds number, but the
strong compression zone begins about one boundary
layer thickness upstream of the shock wave. The
skin friction data shows that the chordwise extent
of the separated region decreases markedly with
Reynolds number, from about nine to about two
boundary layer thicknesses.

The velocity profiles obtained in the immediate
vicinity of the shockwave qualitatively confirm
the surface measurements. They show that for these
conditions, there is velocity overshoot immediately
downstream of the shockwave, analogous to Seddon's
observations of a supersonic tongue, but the entire
flowfield surveyed here was found to be subsonic.
This velocity overshoot increased both in magnitude
and in downstream extent with increasing Reynolds
number .

High-speed schlieren motion pictures indicate
that the interaction is steady only in a mean sense
in that the structure of the bifurcated shockwave
changes with time. These also show that the height
of the bifurcation decrease from about 4-1/4 to
about 2-1/2 undisturbed boundary layer thicknesses
as the Reynolds number is increased from 9 million
to 36 million.
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